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Wind tunnel experiments are conducted to investigate the e↵ect of the corner regions
of a Mach 2.5 channel flow on the response of the floor boundary layer to an oblique
shock. To study this, two di↵erent nozzle setups are used, which produce distinct corner
boundary layers for the same core flow and floor boundary layer. The setup with a higher-
momentum corner flow exhibits milder corner separation. This, in turn, results in a central
separation which is more two-dimensional and 18% shorter than for the setup with thicker
corner boundary layers. The considerable di↵erence in the flow structure between the two
setups highlights the significant impact of the corner regions on shock-induced separation
in supersonic channel flows, as well as the influence of nozzle geometry on this type of wind
tunnel experiment.

I. Introduction

Corner boundary layers are often encountered in high-speed flows. For example, the intakes of supersonic
aircraft, wing-body junctions, and turbine blade-hub junctions all contain streamwise corners, along which a
boundary layer develops. However this geometry, which is often unavoidable, is also problematic. Since the
corner region corresponds to the intersection of two viscous boundary layers, it contains very low momentum
flow. When a shock wave impinges on the corner boundary layer, the adverse pressure gradient often causes
separation. The corresponding stagnation pressure losses can have a significant detrimental e↵ect. For
instance, corner e↵ects in the wing-body junction are estimated to contribute 4-6% of the total aircraft drag,
while the inlet corner flows are believed to reduce the range of fighter aircraft by 9% [1].

In a channel flow, corner boundary-layer separation can have a substantial impact on the entire flowfield
and cause significant departures from two-dimensionality even away from the sidewalls [2, 3, 4, 5]. The
mechanism governing these e↵ects is based on compression and expansion waves which are generated by
the displacement e↵ect of the corner separation, and which propagate away from the corners into the flow.
These waves modify the streamwise adverse pressure gradient in other regions to inhibit, reduce or enhance
separation there. These e↵ects can be substantial – for example, recent experiments on an oblique shock
boundary-layer interaction in a Mach 2.5 channel flow showed that the streamwise extent of the central
separation varied by a factor of five as the location of corner separation point was shifted [5, 6].

The separation of the corner boundary layer is therefore important in determining the separation char-
acteristics of the entire flowfield. However, there are still no consistently successful techniques to mitigate
corner separation, apart from (possibly) targeted surface bleed [7, 8]. The di�culties in tackling this is-
sue can arguably be directly attributed to our lack of understanding of the complicated flow physics in
streamwise corners, and of their interactions with shock waves. Furthermore, corner separation cannot be
reliably predicted by computational codes typically used in industry. This is due, in part, to a notable lack
of high-quality reference data to validate numerical simulations.
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A key factor influencing this separation is the momentum within the corner boundary layer – this is
a↵ected by the thickness of the constituent floor and sidewall boundary layers as well as the structure
of streamwise vortices which exist in this region [9, 10, 11]. These vortices, generated by the anisotropy
in Reynolds stresses, serve to transfer momentum between the core flow and the boundary layers, thus
increasing the momentum within the corner region.

In order to better predict separation, it is necessary to obtain deeper physical insight into how the
momentum within the corner flow influences shock-induced separation. This paper examines the separated
flowfield for two quite di↵erent corner boundary layers in a channel flow featuring an oblique shock reflection.
In order to isolate the e↵ects of the corner region itself, the tests are conducted in the same facility and at
identical conditions (Mach 2.5, 8� flow deflection).

The generation of two di↵erent corner boundary layers for otherwise unchanged tunnel flow makes use
of recent work, which has shown that the nozzle geometry in supersonic wind tunnels strongly influences
the corner flows [12]. The pressure distribution in the nozzle induces a secondary flow within the sidewall
boundary layers. This flow a↵ects the sidewall boundary-layer thickness as well as the structure of the corner
vortices, two key parameters in determining the structure of the corner boundary layer. Therefore, the use
of two di↵erent nozzle setups enables the generation of quite distinct corner flows without a↵ecting other
flow conditions.

The experimental study presented in this paper focuses measurements on the separation behaviour of
the floor boundary layer, for two tunnel configurations with di↵erent corner flows but otherwise equivalent
conditions. The considerable di↵erences in separated flow field between the two setups are explained in
the context of known mechanisms, related to the waves generated by the displacement e↵ect of the corner
separation. These di↵erences highlight the importance of the corner regions on separation in supersonic
channel flows, as well as the significance of nozzle geometry in wind tunnel experiments of this kind.

II. Experimental Method

A. Wind tunnel setup

Experiments are performed in Supersonic Wind Tunnel No. 1 at the Cambridge University Engineering
Department. This is a blow-down wind tunnel, driven by a high-pressure reservoir. The facility is capable
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Figure 1. Tunnel arranged in the two configurations used in this study, a) setup A and b) setup B. The test

section width is 114 mm.
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of operating at Mach numbers between 0.7 and 3.5, depending on the installed nozzle configuration; for this
study, the nominal freestream Mach number is fixed at M1 = 2.5. The stagnation pressure is set to 380± 1
kPa and the operating stagnation temperature is measured as 285±5 K; this corresponds to a unit Reynolds
number of approximately 40⇥ 106 m�1.

The setup in the test section is shown in figure 1. An asymmetric, or “half”, two-dimensional nozzle
configuration is used; this consists of one contoured and one flat surface. In order to produce di↵erent corner
flows in the bottom tunnel corners, two di↵erent types of nozzle setup (denoted A and B) are used; these
are described in section III.

A full-span wedge on the tunnel ceiling produces a flow deflection angle of 8�, and thus generates an
oblique shock. In order to prevent tunnel unstart, the wedge is retracted during startup and is then deployed
once supersonic flow has been established. The wedge is placed below the upper surface of the tunnel; this
enables the ceiling boundary layer to disappear into the gap and ensures that the shock is generated in clean
flow. The di↵erence in gap size between the two setups is explained in section III.

The oblique shock wave then impinges on the turbulent, naturally-grown boundary layer on the tunnel
floor. This is approximately 6 mm thick, and has a Reynolds number based on incompressible displacement
thickness of around Re�⇤i = 24,000.

The rectangular test section of the tunnel has a width of 114 mm and a height of 86 mm. The coordinate
system convention is shown in figure 1. x represents the streamwise direction, as measured from the end of
the nozzle; y indicates the floor-normal direction, with y = 0 mm set at the tunnel floor; z is the spanwise
coordinate measured from the centre span, such that z = ±57 mm correspond to the tunnel sidewalls.

B. Measurement techniques

Several techniques are used in combination to probe the flowfield. A z-type schlieren system with a hori-
zontal knife-edge enables visualisation of density gradients and allows spanwise-averaged flow features to be
identified.

The topology of the separated flowfield is surveyed by using the time-averaged skin-friction lines from
surface oil-flow visualisation. This technique involves coating the tunnel floor with an oil made from para�n,
finely-powdered titanium dioxide, oleic acid and lubricating oil. This is an intrusive method and there is a
small error due to oil-flow producing an inaccurate indication of separation location (by about 0.2 boundary-
layer thicknesses = 1.2 mm) [13]. Nevertheless, oil-flow visualisation allows the flow topology to be de-
termined, and comparisons of the size of separation regions between di↵erent setups are considered to be
reliable.

Steady-state surface pressure measurements are conducted using pressure-sensitive paint (PSP). The
surface of interest is sprayed with a special polymer binder seeded with luminescent molecules. When
irradiated by UV light, the resultant luminescence intensity ratio ( Iref

I(p,T ) ) is dependent on the local pressure,

as specified by the Stern-Volmer relation [14]:

Iref

I(p, T )
= A(T ) +B(T )

p

pref

The luminescence is measured using a Nikon D7000 camera, and the reference condition is taken with the wind
tunnel o↵ (pref = 101 kPa everywhere). The pressure in the separated flowfield varies from 29-57 kPa; this
range of pressures is su�ciently large to provide reliable measurements [15]. In order to determine the values
of A(T ) and B(T ) in the Stern-Volmer relation, in-situ calibration is performed using five 0.3 mm diameter
static pressure taps connected to a di↵erential pressure transducer (error: ±1%) [16]. This calibration
enables absolute pressure values on the target surface to be extracted from the measured light intensity. A
comparison between static tap pressures and the calibrated PSP data places an error bound of 3% on these
measurements. However, in regions where the thermal properties change (e.g. filler material or attachment
screws) or where reflections from the tunnel walls distort the measured luminescence, the calibration is no
longer valid and a much greater error is observed.

The streamwise and floor-normal flow velocities, u and v respectively, are measured by two-component
laser Doppler velocimetry (LDV). The flow is seeded with para�n in the settling chamber; previous measure-
ments of particle lag through a normal shock have placed the seeding droplet diameter in the range 200-500
nm. The measured velocities have an error of 1% and 14% for u and v respectively; there are contributions
from the number density of seeding particles and from the laser optics. Boundary-layer traverses are carried
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out with resolution �y ⇡ 0.1 mm. The ellipsoidal probe volume spans 0.1 mm in the streamwise direction
and 2 mm in the spanwise direction.

The measured boundary-layer data is fitted to theoretical profiles (figure 2). A Sun & Childs (1973) fit
[17], adapted to include a van Driest compressibility correction, is used for the outer layer; this combines a
log-law of the wall region with a Coles wake function. The viscous sublayer is modelled using a Musker (1979)
fit [18]. These fitted profiles are then used to calculate characteristic boundary-layer integral parameters.
This avoids errors caused by poor measurement resolution near the wall and therefore provides a more
accurate estimate of integral boundary-layer parameters. The boundary-layer properties are determined
in their incompressible forms, as these are less sensitive to variations in Mach number and require fewer
assumptions to calculate from raw velocity data. The LDV data obtained in this study typically has around
40 measurement points within the boundary layer and the closest data point to the wall is at around
y
+ = 80. This corresponds to an uncertainty in integral parameters of around 5% for an equilibrium

turbulent boundary layer [19].

III. Creation of two di↵erent corner boundary layers

This study examines the influence of the corner regions on the behaviour of the flowfield with an oblique
shock reflection. It is therefore necessary to generate two di↵erent corner boundary layers in the same facility
without a↵ecting other flow parameters, such as the core Mach number or the floor boundary-layer thickness.
The significant influence of the nozzle geometry on the corner boundary layers in supersonic wind tunnels
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allows this to be achieved [12].
As depicted in figure 1, a two-dimensional half nozzle configuration is used for this purpose. The two

distinct corner flows are produced by installing the half nozzle such that the contoured surface is either on
the ceiling (setup A) or the floor (setup B).

Figures 3a and 3b show how the expansion wave pattern within the nozzle leads to a vertical pressure
gradient. The sidewall boundary layers contain low-momentum flow which is most susceptible to this pressure
gradient, and so a secondary flow is set up (figure 3c). For this nozzle type, the secondary flow consists of
vertical velocities within the sidewall boundary layer, which are directed away from the contoured surface
and towards the flat surface. The secondary flow transports fluid within the sidewall boundary layers, and
thus the boundary-layer thickness grows from the ceiling to the floor (figure 4). These e↵ects, in turn, have
a profound impact on the flow in the corner regions of the test section.
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Figure 4. LDV measurements of the streamwise velocity across the tunnel cross-section, measured at x = 120

mm. The direction of sidewall secondary flows are identified by solid arrows.
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a) i. ii.

b) c)

setup A
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Figure 6. a) Schlieren images with the empty tunnel for i. setup A and ii. setup B. Comparison of boundary-

layer profiles, measured using LDV at x = 120 mm a) on the tunnel centre span, and b) at z = 52 mm.

Measurements of the bottom corner boundary layers produced by the two setups are presented in figure
5. The floor boundary layers in the two types of corner flow appear to have roughly the same thickness.
However, the sidewall boundary layers in setup A are thicker than those from setup B. As a result, the
corners of setup A have flow with significantly lower momentum than the equivalent regions in setup B.

Schlieren images of the flow in the empty wind tunnel are shown figure 6a for setups A and B. A prominent
wave, originating from a junction between constituent liner blocks, is visible in both setups. However, static
pressure measurements have shown this wave to be weak in strength, with the Mach number over the entire
working section deviating by just 0.03 from a mean value of 2.48 [12]. The floor boundary layers (integrated
in the spanwise direction) are also visible in the schlieren images. These suggest (in agreement with figures
4 and 5) that the floor boundary layers in both setups have approximately the same thickness, an important
requirement for this study.

The equivalence of the floor boundary layers can be more quantitatively compared by considering the
floor boundary-layer profiles on the tunnel centre span measured using LDV (figure 6b). The measured
profiles are similar but not identical. The corresponding fitted parameters, tabulated in 1 show that the
boundary-layer displacement thickness and shape factor di↵er by 13% and 5% respectively. Corresponding
profiles within the corner boundary layer (at z = 52 mm) are shown in figure 6c. The non-equilibrium nature
of the boundary layer here means that it is not possible to obtain integral parameters through profile fitting.
However, it is clear that while the di↵erences between setups A and B are non-negligible for the centre-span
floor boundary layer, they are significantly smaller than those measured in the corner regions.

Therefore, whilst it is important to consider these di↵erences in incoming floor boundary layer during
interpretation of the separated flowfield, it may be reasonable to attribute di↵erences between the two setups
primarily to the corner boundary layers.

Note: Position of wedge The di↵erence in placement of the shock-generating wedge between the two
setups is due to the sidewall secondary flows detailed in figures 3. In setup A, the wedge is placed 5 mm
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Setup � / mm �
⇤
i / mm ✓i / mm Hi

A 7.7 1.00 0.75 1.33

B 8.7 0.87 0.69 1.27

Table 1. Incompressible floor boundary-layer parameters, measured at x = 120 mm and z = 0 mm, for exper-

imental profiles presented in figure 6b.

beneath the tunnel’s upper surface, so that the ceiling boundary layer disappears into the gap. However,
the ceiling in setup B corresponds to the flat surface, with thicker sidewall and corner boundary layers. This
means that the leading edge of a wedge 5 mm below the ceiling would still be in these boundary layers across
much of the tunnel span. Therefore, the wedge is dropped by a further 3 mm, to leave an 8 mm gap into
which the boundary layer can disappear; the shock is then generated in clean core flow.

The di↵erent wedge position has one main e↵ect – the shock in setup B impinges on the floor boundary
layer approximately 6 mm (i.e. about one boundary-layer thickness) upstream of that in setup A. To account
for this di↵erence an alternative coordinate system is used, where x̃ is the streamwise coordinate relative to
the inviscid shock-reflection location. In other words, x̃ = x� 140 mm for setup A and x̃ = x� 135 mm for
setup B. This enables direct comparison of equivalent locations with respect to the inviscid interaction.

IV. Results & Discussion

Setup A

Figure 7 shows a schlieren image of the response of the floor boundary layer to the incident oblique shock for
setup A. The wedge is visible at the top of the image. The flow deflection caused by the leading edge and the
bottom corner of the wedge generate an oblique shock and an expansion fan (denoted “wedge expansion”)
respectively. The wedge expansion complicates the flowfield, so we restrict our attention to the features
upstream of the first expansion wave.

The wave pattern is representative of a typical separated oblique shock–boundary-layer interaction
(SBLI). The incident shock causes the incoming floor boundary layer to separate. The flow deflection
at the upstream edge of the separation produces a separation shock, the curvature of the separation bubble
causes a series of expansion waves, and the turning of the flow as it reattaches results in a reattachment
shock.

A streamwise LDV traverse 15 mm from the tunnel floor is shown in figure 8. The streamwise velocity u

shows a profile in accordance with the waves captured in the figure 7. The velocity drops as it passes through
the incident shock and deflects by 8.2± 1.1�. These error bounds encompass the flow deflection angle of 8�

I.S.
S.S.

R.S.

wedge
expansion

expansion
fan

I.S.

S.S.

R.S.

incident shock

reattachment shock

separation shock

Figure 7. Schlieren image of the oblique shock–boundary-layer interaction for setup A. The blue line denotes

the LDV traverse location for figure 8.
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Figure 8. Streamwise LDV traverse at y = 15 mm and z = 0 mm, for setup A. The figure shows a) streamwise

velocity u, and b) the local flow angle, measured upwards from horizontal.

set by the wedge. The following two deceleration regions bounding an area of re-acceleration correspond to
the separation shock and reattachment shock respectively. The reattachment shock appears to be weak in
strength and smeared, even outside the boundary layer. Note that even prior to the wedge expansion, the
flow has not returned to horizontal, but still has a downawards deflection angle of 2�. There is, however,
a gradual turning of the flow towards horizontal, perhaps associated with weak waves generated due to the
displacement e↵ect as the boundary layer recovers.

Figure 9 shows the surface oil-flow visualisation on the tunnel floor. The separated regions are highlighted
in the figure – these have been identified from a close study of the skin friction line topology using the methods
detailed in reference 5. There is significant separation on the centre span, which is relatively two-dimensional.
This central separation extends 25.2 mm in the streamwise direction and covers 68% of the tunnel span.
Separated by a narrow channel of attached flow are regions of corner separation on each side. These begin
31.1 mm and 29.8 mm further upstream than the central separation and cover 15.2% and 15.7% of the tunnel
span, in the negative-z and positive-z corners, respectively. These measures of the separated flow field agree
extremely well with those obtained from previous similar experiments [5].

The steady-state surface pressure distribution, measured using PSP, is presented in figure 10a. Note
that, due to reflections from the sidewall, pressure readings at the top of the image exceed their true values.
Upstream of the interaction, there is a uniform low pressure region. Across the SBLI, there is a rapid pressure
rise. This is two-dimensional across much of the tunnel span, though it extends further upstream near the
corners (corresponding to a less severe pressure gradient). Note that the location and size of the separation
correlates well with the separated region identified from oil-flow visualisation.

The pressure along the tunnel centre span (figure 4b) displays a sharp pressure rise corresponding to
the separation shock. Downstream of the separation shock, instead of a plateau underneath the separation
bubble followed by a second pressure rise, the measurements show instead a smeared, more gradual increase
in pressure.
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Figure 9. Oil-flow image of the separated flowfield on the tunnel floor with setup A. The regions of separation

are highlighted in blue and the inviscid shock reflection line is marked by a dotted line. The labeled separation

parameters are detailed in table 2.
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Figure 10. PSP measurements on the tunnel floor for setup A: a) the static pressure distribution over the

entire floor, (dotted line shows the inviscid interaction location, dashed line shows separation regions extracted

from oil flow and dots mark the locations of pressure taps); b) pressure measurements at z = �1 mm, including

a comparison with pressure taps (dashed line shows the inviscid pressure distribution).
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Figure 11. Schlieren image of the oblique shock–boundary-layer interaction for setup B. The red line denotes
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Figure 12. Streamwise LDV traverse at y = 15 mm and z = 0 mm, for setup B. The figure shows a) streamwise

velocity u, and b) the local flow angle, measured upwards from horizontal. The dotted blue line corresponds

to the equivalent measurements from setup A.

Setup B

A schlieren image of the oblique shock reflection with setup B is shown in figure 11. This wave pattern,
similar to that presented in figure 7, is typical of a separated oblique SBLI. The incident shock, separation
shock, expansion fan and reattachment shock are all evident in the schlieren image, at approximately the
same angles and relative positions as for setup A. The only obvious di↵erence between the two schlieren
images is the absolute location of the interaction. This is due to the 3 mm di↵erence in vertical position of
the wedge between the two setups.

A streamwise LDV traverse 15 mm from the tunnel floor is presented in figure 12, in comprarison
with figure 8. The streamwise velocity u shows a profile in accordance with the waves captured in the
figure 11. The velocity drops as it passes through the incident shock at x̃ = �30 mm, and deflects by
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Figure 13. Oil-flow image of the separated flowfield on the tunnel floor with setup B. The regions of separation

are highlighted in blue and the inviscid shock reflection line is marked by a dotted line. The labeled separation

parameters are detailed in table 2.
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Figure 14. PSP measurements on the tunnel floor for setup B: a) the static pressure distribution over the

entire floor, (dotted line shows the inviscid interaction location, dashed line shows separation regions extracted

from oil flow and dots mark the locations of pressure taps); b) pressure measurements at z = �1 mm, including

a comparison with pressure taps (dashed line shows the inviscid pressure distribution and blue dotted line is

the equivalent measurement from setup A).
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Setup Lx / mm Lz / mm C
+
x / mm C

+
z / mm C

�
x / mm C

�
z / mm

A 25.2 77.0 43.1 17.3 44.4 17.9

B 20.7 85.5 37.8 10.5 39.8 11.2

Table 2. Separation parameters determined from oil-flow visualisation presented in figures 9 and 13.

7.6 ± 1.1�, in accordance with the intended flow deflection of 8�. As with setup A, the two deceleration
regions corresponding to the separation shock and reattachment shock, respectively, bound the acceleration
due to the expansion fan.

Figure 13 shows that surface oil-flow visualisation on the tunnel floor is very similar in topology to that
from setup A. There is a region of central separation, which extends 20.7 mm in the streamwise direction
and covers 75% of the tunnel span. Separated by a narrow channel of attached flow are regions of corner
separation on each side. These begin 16.1 mm and 14.1 mm further upstream than the central separation
and cover 9.8% and 9.2% of the tunnel span, in the negative-z and positive-z corners, respectively.

On closer comparison with the oil-flow image from figure 9, there are some notable di↵erences. Setup B
experiences a corner separation which starts further downstream and covers a smaller spanwise extent than
setup A. In addition, the complex, three-dimensional corner separation of setup B has a footprint on the
tunnel floor somewhat akin to a closed separation bubble with reattachment. The central separation is also
both wider and shorter than the counterpart from setup A.

The pressure distribution over the tunnel floor is presented in figure 14. As for setup A, the separation
region correlates well with that identified from the oil-flow image. The pressure is uniform upstream of the
interaction, followed by a rapid pressure rise across the SBLI. This is even more two-dimensional than for
setup A. The pressure rise still extends further upstream in the corners, but less so than for the other setup.

Analysis of flow fields

An extensive description of a very similar separated flowfield has been provided by Xiang [5]. The flow
topology exhibits departures from a two-dimensional separation due to corner e↵ects. The corner boundary
layer, with its low momentum, separates further upstream. The displacement e↵ect of this corner separation
produces a series of compression and expansion waves which propagate into the flow. These waves, evident in
the surface pressure distribution, modify the pressure gradient imposed by the incident shock. In particular,
where these waves are ahead of the interaction, they reduce the overall adverse pressure gradient, and so
prevent or reduce separation. This explains the narrow channels of attached flow that remain between the

x̃ / mm

�40 0 +20�60 �20

z

/ mm

�57

0

+57

+40 +60 +80

Figure 15. Comparison of floor separation topology between setup A (blue) and setup B (red).
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Figure 16. Comparison of the floor boundary-layer profile on the centre span at x̃ = 20 mm for setup A (blue)

and setup B (red).

central separation and corner separations.
The focus of this study is, however, the comparison between the two setups, A and B, in order to

determine the influence of corner boundary-layer momentum on the characteristics of the separated flowfield.
The di↵erences in behaviour are summarised by the comparison of separated regions, determined by oil flow
and shown in figure 15. Setup B, which has a higher corner momentum, is seen to exhibit the onset of corner
separation further downstream than setup A. Moreover, the corner separation is less wide than for setup A.
This behaviour is in agreement with an intuitive understanding that a corner boundary layer with higher
momentum would be more resistant to separation, and exhibit a less severe corner separation.

The di↵erences in corner separation a↵ect the rest of the separated flowfield through the waves generated
due to the displacement e↵ect. In general, these take the form of compression waves followed by expansion
waves. However, the expansion waves in these two setups occur too far downstream to have an e↵ect on the
main interaction itself. Therefore, we need only consider the compression waves for now.

The spanwise extent of the central separation is larger for setup A than in setup B – this is a consequence of
the di↵erences in corner separation. In setup A, the corner separation is wider and starts further upstream
than setup B. Therefore the corner compression waves are ahead of the main interaction for a greater
proportion of the span. This leads to a less wide central separation for setup A, since a larger fraction of the
span is occupied by either the corner separation or the attached channels where the pressure rise is smeared
by the corner waves.

The di↵erences in streamwise extent of the central separation can also be explained by the corner waves.
In setup A, the corner separation is large, and so the compression waves generated are relatively strong.
Therefore, the central separation sees a larger overall pressure rise, and is extended in the streamwise
direction. On the other hand, setup B has a smaller corner separation and so the associated compression
waves are weaker. The increase in overall pressure rise seen on the tunnel centreline is smaller, resulting in
a shorter central separation.

The di↵erences in flow field between the two setups might appear to be relatively minor when considering
the footprint of the interaction on the tunnel floor. However, the severity of the central separation is
reflected in the state of the floor boundary layer downstream of the interaction, and this indeed exhibits
more pronounced di↵erences. Figure 16 shows the centre-span floor boundary-layer profile 20 mm (i.e. three
incoming boundary-layer thicknesses) downstream of the inviscid interaction location. The boundary layer
is significantly more full in setup B than setup A, which suggests that it has recovered more quickly post-
interaction. This provides further evidence that, for the case with a higher-momentum corner flow, the
central separation has a milder impact on the incoming flow.
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V. Conclusions

This paper presents an experimental investigation designed to determine how the flow in a supersonic
channels corner boundary layer a↵ects shock-induced separation, in the corner and elsewhere. This is per-
formed using two di↵erent nozzle setups which produce the same core flow and floor boundary layer. However,
nozzle-induced secondary flows in the sidewall boundary layers cause the sidewall-floor corner regions to be
quite di↵erent for the two setups, with the corner boundary layer much thicker in one than the other. An
oblique shock, corresponding to 8� flow deflection, is generated in the Mach 2.5 flow – this impinges on the
floor, and the response of the boundary layers is studied.

These tests show that the setup with healthier corner boundary layers is more resistant to the adverse
pressure gradient of the oblique shock, since it exhibits a corner separation which starts further downstream
and covers a smaller spanwise extent than in the configuration with a thick corner boundary layer. The
di↵erences in corner separation between the two setups also influence the central separated region of the
floor boundary layer. The high-momentum corner flow setup, with a small corner separation, generates only
weak compression waves due to the associated displacement e↵ect. There is therefore a smaller additional
adverse pressure gradient on top of that imposed by the oblique shock, resulting in a wider (i.e. more
two-dimensional) and shorter central separation than the other setup. The downstream floor boundary-layer
profile is more full with the higher-momentum corner flow, providing further evidence for a milder central
separation.

The investigation therefore contributes towards a physical framework with which to understand and
interpret oblique shock-induced separation in supersonic channel flows. In doing so, it also serves to highlight
the significant influence that nozzle geomety can have on wind tunnel experiments which focus on the response
of a floor boundary layer to an incident shock. It is notable that, simply by changing the nozzle geometry
on an otherwise identical flow, the resulting separated flowfields are quite di↵erent.

This study provides a more complete understanding of the separated flow topology in a supersonic channel
flow which encounters an oblique shock. Whilst the reliable prediction of corner boundary layers is still a
topic of active investigation, it is generally understood that in applications with vertical pressure gradients
(such as wind tunnels or aircraft inlets) the resulting secondary flows in the sidewall boundary layers play
a major role in influencing the flow structure in the corners [12]. This investigation shows how the flow
structure, and thus momentum, in the corner boundary layer, influences the separation properties in this
region. The resultant e↵ects on the rest of the flowfield can then be understood in the context of the
established corner wave mechanism [5].

It is worth also noting that two-dimensional nozzle geometries (which influence the corner boundary
layers) are ubiquitous in supersonic wind tunnels with rectangular cross-section. Therefore the interpretation
of associated separation experiments, and especially comparison between di↵erent facilities, must account for
the installed nozzle geometries. Furthermore, the comparison with simulations or validation of computational
codes require a knowledge of the nozzle geometry applied.
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